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ABSTRACT 
 
 Using aerocapture to insert into an elliptic parking orbit prior to entry, descent, and 
landing is being explored for human Mars missions. These aerocapture-entry trajectories have 
advantages over a direct entry, but the advantages come at the cost of additional entry system 
mass. The goal of this research is to identify the parking orbit which minimizes entry system 
mass and to compare that to the entry system mass for a direct entry. The impact of a higher 
efficiency propulsion system, a higher entry velocity, and a reusable thermal protection system 
on aerocapture-entry system mass requirements is explored. Results indicate that the thermal 
protection system thickness does not vary significantly with parking orbit selection while shorter 
period orbits require more propellant for maneuvers. This result is not sensitive to changes in 
propulsion system efficiency, entry velocity, or heat shield material. Additionally, results show 
that aerocapture-entry architectures incur a TPS mass penalty up to 27% relative to direct entry, 
depending on vehicle. In addition, direct entry avoids needing propellant for in-space maneuvers 
between aerocapture and entry which ranges from 1.5% to 4.5% depending on orbit. 
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CHAPTER 1: INTRODUCTION 
 
  Historically, most missions to the surface of Mars have used a direct-entry architecture 
[1]. Direct entry is a landing architecture where the vehicle arrives at Mars on a hyperbolic 
trajectory, enters the atmosphere, decelerates hypersonically, then performs descent and landing 
instead of inserting into Mars orbit before performing entry, descent and landing. However, 
human Mars exploration studies frequently use an aerocapture-entry landing architecture [2] 
because it decreases the peak acceleration experience by the crew and increases operational 
flexibility. For aerocapture-entry architectures, the vehicle approaches Mars on a hyperbolic 
interplanetary trajectory. The vehicle then performs aerocapture to insert into an elliptic orbit 
around Mars. The vehicle then performs a propulsive deorbit maneuver followed by entry, 
descent, and landing (EDL). Performing these maneuvers comes at a cost of additional mass and 
operational complexity; it is not obvious whether the benefits of aerocapture-entry justify this 
cost when compared to a direct entry. Further, if aerocapture-entry is to be done, choosing what 
orbit to capture into in an intelligent manner could be very important. 
 There are three options for orbital insertion at Mars: fully-propulsive, aerobraking, and 
aerocapture. The simplest method is propulsive orbit insertion; however, this requires about 2 
km/s of delta-V which correspond to high propellant mass fractions. While possible, propulsive 
orbit insertion may be prohibitively expensive due to large trans-Mars injection mass 
requirements in the absence of advanced high-efficiency propulsion systems. Another method 
with heritage is to propulsively insert into a high-energy elliptic orbit and then use aerobraking to 
remove additional energy until the target orbit is achieved. Aerobraking is completed over 
months by performing many high-altitude passes through the upper atmosphere such that drag 
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removes energy without significantly heating the vehicle [3]. This is not ideal for a human Mars 
mission because it requires significant propellant mass to insert into any orbit, plus slowing 
down over months adds significant in-space time to the mission for the crew, prolonging 
exposure to the space environment. In addition, aerobraking can be operationally complex and 
expensive due to the required operational support on Earth to perform the maneuver, though this 
cost may be insignificant for a human Mars mission. 
 The final way to insert into orbit is aerocapture. Aerocapture involves entering the 
atmosphere of Mars on a hyperbolic trajectory and using drag to slow the vehicle such that it 
exits the atmosphere on an elliptic orbit. The periapsis of this elliptic orbit will be at a radius less 
than the top of the atmosphere. In order for the orbit to be stable, periapsis must be raised 
propulsively; however, this propulsive maneuver is 1-2 orders of magnitude smaller than that 
required for orbit insertion [4]. During aerocapture, significant aerothermodynamic heating is 
imparted to the vehicle, requiring a heat shield and aeroshell. Unlike the other methods of orbit 
insertion, aerocapture has never been performed, although the technology for aerocapture has 
been matured for atmospheric entry systems.  The trajectory for aerocapture can be seen in 
Figure 1a.  
 For an aerocapture-entry architecture, once the vehicle is in a stable elliptic parking orbit 
and has been authorized to land, the vehicle will perform a deorbit maneuver to lower the 
periapsis to within the atmosphere. Once the vehicle reaches atmospheric interface, EDL 
commences. This trajectory can be seen in Figure 1.  
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Figure 1: Illustration of (a) aerocapture followed by (b) entry-from-orbit 
 
 Usually atmospheric entry at Mars has been done via a direct entry, but there are 
exceptions. Viking 1 and Viking 2 both entered orbit around Mars before doing EDL [5]; this 
was done so that landing sites could be selected on Mars while in orbit. There are multiple 
advantages to using an aerocapture-entry architecture relative to direct entry. Aerocapture-entry 
offers lower peak and sustained deceleration as well as improved operational flexibility. 
Lowering peak deceleration is particularly important for human-class missions because humans 
are less tolerant to accelerations than robotic missions. In addition, it is even more important for 
a mission to Mars because after the several months transiting to Mars the astronauts will be in a 
deconditioned state [6] and subject to even more stringent deceleration limits dictated by 
NASA’s Human System Integration Requirements, shown in Figure 2. [7] Aerocapture-entry 
also offers improved operational flexibility. For example, being in orbit allows the vehicle to 
wait out any hazards at the landing site such as a dust storm. While in orbit, system checkouts 
could be performed on the vehicle, and then either any off-nominal systems could be repaired or 
a) b) 
Planet Atmosphere 
Propulsive Maneuver 
to Raise Periapsis Deorbit Maneuver 
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the mission could potentially be aborted. It may take advantage of being in orbit to send down a 
smaller landing craft to the surface first, or teleoperate surface assets in real-time. Another 
interesting possibility is to refuel the vehicle while it in orbit using propellant generated in situ in 
the Mars system. 
  However, there are also costs associated with an aerocapture-entry architectures relative 
to direct entry. Significant amounts of propellant are required to execute maneuvers to raise and 
lower periapsis; direct entry does not have this cost. Also, the heat shields used at Mars are 
currently designed for a single use [8]; aerocapture-entry has two heat pulses: one for 
aerocapture and one for entry. Aerocapture-entry architectures either require two separate heat 
shields or a single heat shield designed for use across two distinct heat pulses. There are two 
primary types of thermal protection systems (TPS) used for EDL: insulating and ablative [8].  
Insulating heat shields, like those that flew on the Space Shuttle [9], are limited in the heat rates 
they can withstand but typically can handle large integrated heat loads efficiently and are often 
fully reusable. Ablative heat shields can withstand higher heat rates, but are not typically reused 
and require more mass for large integrated heat loads. While in use, an ablative TPS ablates 
some material, but there is also pyrolysis and charring which occur. An illustration of a cross 
section of ablative TPS can be seen in Figure. 3 [10]. The result of the ablation and charring is 
that, for single ablative heatshields used for aerocapture-entry, not all of the TPS that is there for 
aerocapture would be present for EDL, and the post-aerocapture heatshield likely will not be as 
effective. There has been some work done to understand the effectiveness of a partially used 
ablative TPS [11], but the work is not extensive and many questions regarding the design and 
performance of multi-use ablative TPS remain unanswered. 
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Figure 2: Deceleration limits for astronauts from the Human Systems Integration Requirements. 
The green curve is the one that would be applicable to astronauts after a transit to Mars. [7] 
 
Figure. 3: Illustration of ablative thermal protection system [10] 
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This study seeks to answer two questions: (1) what is the mass penalty for aerocapture-entry 
architectures relative to direct entry; (2) is there a parking orbit that minimizes the aerocapture-
entry mass penalty.  For the purpose of this analysis, there are three parameters that are 
particularly important: the mass of propellant needed for the propulsive maneuvers, the mass of 
the TPS, and the deceleration environment experienced by the vehicle and human crew.  
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CHAPTER 2: METHODOLOGY 
 This analysis focuses on determining the variations in mass for an entry vehicle 
performing an aerocapture-entry trajectory over different parking orbits, and comparing that to a 
direct entry. There are many components of mass that are traditionally considered in the entry 
system mass fraction; however, several of these components are not expected to vary 
significantly with the parking orbit selected. Only those expected to vary significantly with 
parking orbit are considered in this analysis; these can be seen in Table 1. The components of 
mass that vary with parking orbit are the propellant to raise periapsis, the propellant to deorbit, 
and the TPS on the forebody. The sum of these masses is referred to in this paper as the entry 
system mass, and the corresponding mass fraction as mf*. It is not the mass of the entire entry 
system; it represents only the mass that changes per orbit. 
Table 1: Entry System Mass Fraction Components 
 
 
 
 
 
 
 
 A flow chart outlining the methodology for determining mf* for aerocapture-entry 
architectures can be seen in Figure 4. Vehicle properties, an initial state, and a parking orbit 
period are dictated. A 3 degree-of-freedom trajectory solver is used to find the flight-path angles 
that bound the aerocapture corridor; a flight-path angle in the corridor is selected as nominal. A 
Monte Carlo analysis is performed on the trajectory, calculating heat rate at every time step. 
Component Included in mf* 
Forebody TPS Yes 
Aft TPS No 
Structure No 
On board computers No 
Propulsion system No 
Fuel tanks No 
Supersonic retropropulsion propellant No 
Propellant to raise periapsis Yes 
Propellant to deorbit Yes 
Deployable decelerator structure No 
Deployable decelerator TPS No 
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From the output of the trajectory solver, two-body orbital mechanics are used to calculate the 
required delta-V to raise the periapsis so the vehicle is in a stable orbit. A shallow EDL initial 
flight-path angle is selected to minimize mf*. Another Monte Carlo analysis is performed for 
EDL to calculate heat rates. From the combined aerocapture and EDL heating, TPS thickness is 
estimated. Then mf* can be calculated.  This analysis is repeated for other vehicles, initial 
conditions, and target orbits. 
 
Figure 4: Methodology Block Diagram 
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  A similar approach to what is shown in Figure 4 is taken for the direct entry trajectories, 
but without the aerocapture section. For direct entry, the EDL flight-path angle is determined 
based on minimum TPS thickness, since steeper flight-path angles do not require more 
propellant. 
2.1 VEHICLE DEFINITION 
  There are some special considerations for human class missions. Because they must carry 
humans, human class vehicles tend to be larger than vehicles for robotic missions. NASA 
estimates 50 to 100 tons on the surface are needed for a manned mission to Mars [2] with at least 
25 tons being able to be landed by a single vehicle [15]. As vehicles get larger, the ballistic 
coefficient of the vehicle grows as well. This is because the mass of the vehicle scales with the 
volume (r3) while the drag area scales with area (r2). This is important because as ballistic 
coefficient increases, vehicles decelerate at a lower altitude [16]. As ballistic coefficient gets 
very large, the deceleration would occur at an altitude below the surface. One way to overcome 
this is to have a way to increase the drag area with a deployable drag area. The two leading 
concepts on how to do that are Hypersonic Inflatable Aerodynamic Decelerators (HIAD) [17] 
and the Adaptable, Deployable Entry Placement Technology (ADEPT) [18]. Another 
development in EDL technology is supersonic retropropulsion. Supersonic retropropulsion is the 
firing of a rocket engine into a supersonic flow to decelerate a vehicle; this allows powered 
descent to start at higher Mach numbers. 
 The baseline vehicle for the analysis is a 10-m-diameter spherecap with a mass of 50 
metric tons. The 10 m diameter is based on the maximum diameter SLS fairing [19]. The nose 
radius of 14.619 m was selected such that the edge of the vehicle forebody would be tangent to 
70°.  The hypersonic drag coefficient, CD, is assumed to be constant over the range of Mach 
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numbers considered [20], and is equal to 1.5. This corresponds to a ballistic coefficient, β, of 424 
kg/m2. The maximum lift-to-drag ratio, L/Dmax, is 0.35. The packaging density for the vehicle is 
143 kg/m3 which is within the range of acceptable packaging densities for a vehicle of this 
volume, as defined by Christian [21]. 
 A ballistic coefficient of 424 kg/m2 is considerably higher than anything that has flown at 
Mars; for reference MSL had a ballistic coefficient of approximately 140 kg/m2 [22]. In an effort 
to decrease the ballistic coefficient, three sizes of deployable decelerators were considered. The 
sizes of the deployables, as well as the corresponding ballistic coefficients, can be seen in  
 
Table 2. An illustration of the vehicle with and without the deployable decelerator can be seen 
in Figure 5 
   Figure 5: Illustration of the baseline vehicle (a) and a vehicle with a deployable decelerator (b) 
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Table 2: Vehicle Parameters 
 
 
 
 
 
  The main method of control for hypersonic vehicles is bank-angle modulation [12]. There 
are other proposed methods such as direct force control [13] and using a movable ballast [14], 
but every guided interplanetary entry vehicle to date has used bank-angle modulation. If the 
entry vehicle was axisymmetric, it would fly with zero angle of attack and no lift would be 
generated. If however, the center-of-gravity is offset from the centerline, the vehicle will fly with 
a nonzero angle of attack and generate lift. It is difficult to change this angle of attack during 
hypersonic flight, and so we do not have control over the amount of lift that is generated. 
However, by rotating the vehicle in the bank direction, the direction of the lift vector can be 
rotated. The amount of vertical lift that is generated therefore varies, and the vertical lift is the far 
more important parameter for planetary entry trajectories. An illustration of bank-angle 
modulation can be seen in Figure 3. 
Figure 6: Illustration of Bank-angle Modulation. The magnitude of the lift vector does not 
change. However, by rotating the vehicle in the bank direction from 0° (a), to 45° (b), to 180° (c) 
changes the vertical component of the lift vector. 
 β1 β2 β3 β4 
Hardshell Nose 
Diameter 10 m 10 m 10 m 10 m 
Forebody Diameter 10 m 11.55 m 14.14 m 20 m 
Ballistic Coefficient 424.4 kg/m2 313.3 kg/m2 212.2 kg/m2 106.1 kg/m2 
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 The thermal protection system (TPS) material on the spherecap is the Theoretical 
Ablative Composite for Open Testing (TACOT), which is analogous to Phenolic Impregnated 
Carbon Ablator (PICA). PICA was the heat shield material for the Mars Science Laboratory 
(MSL) [23] and will be the material for the Mars 2020 mission [24]. The TPS for the deployable 
conical frustum is assumed to be multiple layers of carbon cloth, similar to that used on the 
ADEPT concept [25]. The nosecone TPS is assumed to be uniform thickness. The TPS 
substructure is assumed to be aluminum. 
 The in-space propulsion system is modeled as a liquid oxygen-methane system with a 
specific impulse of 310 s [26]. All propulsive maneuvers are assumed to be instantaneous. 
2.2 TRAJECTORY 
  For the mission being studied, the vehicle begins on a hyperbolic trajectory with respect 
to Mars (see Figure 1), entering the Martian atmosphere with an initial flight-path angle. While 
flying hypersonically, the vehicle utilizes bank-angle control to modulate the lift and control the 
amount of deceleration that occurs. The vehicle must decelerate such that it will leave the 
atmosphere with the energy required for it be on the prescribed elliptic transfer orbit. The 
periapsis of this post-aerocapture transfer orbit is within the atmosphere. A small propulsive 
maneuver is performed to raise periapsis to an altitude of 400 km. Once in a stable elliptic 
parking orbit, system checkouts are performed. While outside the atmosphere, the heat shield 
radiates heat to space. Prior to EDL, a deorbit maneuver is performed to lower the periapsis such 
that the vehicle will enter the atmosphere with a prescribed flight-path angle. The vehicle then 
enters the atmosphere, decelerates, and lands on the surface. This analysis does not focus on the 
descent or landing aspects of the mission, but ensures that the vehicle reaches conditions where 
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supersonic retropropulsion (SRP) can begin: below 670 m/s atmospheric relative velocity 
(approximately Mach 3) and above 10 km altitude [27]. 
 An example of the atmospheric-flight trajectories can be seen in Figure 7  for β3 and a 12-
hour parking orbit. Moving from right to left in the figure, the vehicle enters the atmosphere with 
a wind-relative velocity near 5800 m/s. The velocity increases slightly while the vehicle 
descends because gravity forces are greater than aerodynamic forces high in the atmosphere. As 
the vehicle descends deeper, aerodynamic forces dwarf those of gravity and the vehicle 
decelerates. The bulk of this deceleration occurs at an altitude near 40 km.  The vehicle then 
exits the atmosphere and continues to decelerate as it exchanges kinetic energy for potential 
energy. Moving to the left plot, the vehicle reenters the atmosphere with a velocity similar to its 
velocity when leaving the atmosphere; due to in space maneuvers, these velocities are not 
exactly the same. Again, the vehicle descends while accelerating slightly, and then decelerates 
once aerodynamic forces become dominant. The trajectory terminates when SRP ignition 
conditions are reached. The descent and landing trajectory is not modeled in this study. 
  
Figure 7: Example Aerocapture (a) and EDL (b) trajectories for β3, targeting a 12 hour period 
orbit 
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2.2.1 Aerocapture  
  Aerocapture trajectories are simulated using a three degree-of-freedom equation of 
motion solver that calculates the aerodynamic forces and the convective heating on the vehicle. 
The simulation begins with the vehicle at the atmospheric interface, 135 km above the surface of 
Mars, traveling with a Mars inertial velocity of 6.1 km/s. For reference, the MSL atmospheric 
interface velocity was 5.96 km/s [22]. Inverse-square gravity is assumed and the atmosphere is 
modeled using Mars Global Reference Atmospheric Model (Mars GRAM). The Mars 
gravitational parameter is 4.283 x 1013 m3/s2 and the equatorial radius is 3396.2 km. 
The trajectory that the vehicle flies is determined by the initial flight-path angle, the 
atmosphere, and the amount of vertical lift the vehicle generates. If the atmosphere is known, 
then for a constant lift-to-drag ratio, there is an initial flight-path angle that results in the vehicle 
leaving the atmosphere with the correct energy to reach the target orbit.  This initial flight-path 
angle is found using a root finding algorithm. This was done for an array of lift-to-drag ratios 
ranging from the maximum lift-to-drag ratio to the negative of that value. In Figure 8 it can be 
seen that the higher the lift coefficient, the lower the integrated heat load. This is important, 
because the integrated heat load is the most important criterion for thermal protection system 
thickness. This correlation is visible in Figure 8. It is beneficial to fly at a higher lift-to-drag 
ratio, however, if the maximum lift-to-drag ratio is targeted (a bank-angle of 0 degrees), then 
there is no ability to increase the lift to account for day-of-flight uncertainties. For this reason, 
the targeted initial flight-path angle is the initial flight-path angle at which a vehicle generating a 
constant vertical L/D of 0.3 will exit the atmosphere with the correct energy for a given target 
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orbit. This strategy reserves some control authority relative to the maximum L/D of 0.35 to fly 
out day-of-flight uncertainties. 
 
Figure 8: Nominal Heat Load versus Lift Coefficient (a) and TPS Thickness versus Lift 
Coefficient (b) for β3 aerocapture into a 12-hour period orbit. 
 
 Uncertainty analysis was performed to determine if the assumed lift-to-drag ratio allowed 
for sufficient margin for day-of-flight uncertainties. In addition, this uncertainty analysis 
highlights the variation in heat load that could be expected due to day-of-flight uncertainties. The 
uncertainty analysis was performed using a Monte Carlo method; the parameters used for the 
Monte Carlo analysis can be seen in Table 32 [28]. For each sample in the analysis, the 
controller using root finding in an attempt to find a constant bank angle that results in the vehicle 
leaving the atmosphere with the correct velocity. From this analysis, it is clear that targeting a 
vertical lift-to-drag ratio of 0.30 allows for sufficient control authority to reach the target. This 
analysis is repeated for each target orbit for each vehicle. The TPS must protect the vehicle in all 
cases, so it is sized off of the worst case. Figure 9 shows the relationship between heat load and 
TPS thickness for the dispersions seen during aerocapture. The values for TPS thickness are 
discrete due to the nature of the sizing method, discussed in Section 2.3. In general, the larger the 
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heat load, the thicker the TPS must be. In order to reduce computation time, the TPS is sized 
only once per orbit using the largest heat load from the Monte Carlo analysis. 
 
Figure 9: TPS Thickness versus Heat Load 
 
Table 3: Monte Carlo Parameters 
Parameter Dispersion min/max or 
3σ 
Atmospheric Density Mars GRAM 
Drag Coefficient  0.03 
Lift Coefficient 0.05 
Mass 0.2% 
Initial flight-path angle 0.013° 
AI Latitude 0.017° 
AI Longitude 0.012° 
Number of samples 100 samples 
 
2.2.2 In Space Maneuvers  
  Two-body orbital mechanics are used to compute the trajectory outside of the 
atmosphere. As previously stated, following aerocapture the periapsis is within the atmosphere; 
if no maneuvers are performed, the vehicle will reenter less than one orbital period after leaving 
the atmosphere. This is likely not enough time to take full advantage of the aerocapture-entry 
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architecture benefits, so periapsis must be raised. The delta-V required to raise periapsis is 
calculated assuming an impulsive burn at apoapsis and that the periapsis must be raised to an 
altitude of 400 km. The deorbit delta-V is computed to achieve a particular flight-path angle at 
atmospheric interface for EDL, again assuming an impulsive burn at apoapsis. The velocity at 
the atmospheric interface is also somewhat dependent on the flight-path angle chosen. 
 
2.2.3 Entry, Descent, and Landing  
  As mentioned in the in-space maneuvers section, the deorbit delta-V depends on what 
entry flight-path angle is being targeted. More delta-V is required to target a steeper entry flight-
path angle than a shallower one. However, determining what flight-path angle should be targeted 
is not trivial. The entry flight-path angle to target is the one that minimizes entry system mass 
while allowing for sufficient margin to reach terminal descent initiation (TDI) and that does not 
result in huge amounts of lofting or exceeding deceleration limits.  
  While the simulated controller during aerocapture attempts to fly a constant bank-angle, 
during EDL a bang-bang control profile is used. Bang-bang control profiles have the vehicle fly 
lift-down (bank angle of 180°) and then at some trigger switch to lift up (bank angle of 0°). In 
the case of this simulation, the trigger is a specific velocity; which we will call the switch 
velocity. Bang-bang control profiles maximize the altitude of the vehicle when a particular 
velocity is reached [29]. The effect that flying a bang-bang profile compared to a constant bank 
angle profile can be seen in  
Figure 10 [30].  
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Figure 10: The effect of an optimal bang-bang control profile compared to a lift up control 
profile [30] 
A parameter sweep is performed to determine the best entry flight-path angle. In this 
parameter sweep, the flight-path angle is varied as well as the switch velocity. For each flight-
path angle the ballistic coefficient is calculated taking into account the change in mass from the 
in space maneuvers. Then the trajectory is propagated using the 3-degree-of-freedom equations 
of motion using the flight-path angle and atmospheric interface velocity as inputs, changing the 
bank angle when the vehicle slows to the switch velocity. The cases where TDI is not reached 
are excluded as well as any cases where the vehicle lofts above 50 km altitude. For the remaining 
cases, the heating profile from EDL as well as the heating profile from aerocapture are used to 
estimate the required TPS thickness, as discussed in subsection 2.3. The TPS thickness and the 
delta-V for the in-space maneuvers are converted to mass, the sum of which is mf*. At this point, 
there is an mf* for each entry flight-path angle, switch velocity pair.  
 Figure 11 shows the entry system mass for the parametric study of the 12 hour period 
orbit case for β3. The result of this was that the lowest entry system mass was always for the 
shallowest entry flight-path angle. This was because the variation in mass of the propellant 
 
19 
 
needed to change the trajectory to a steeper entry flight-path angle dwarfed the variations in heat 
shield mass. 
 
Figure 11: Entry system mass fraction is shown for each entry flight-path angle and switch 
velocity combination. 
 
 With knowledge that the shallowest flight-path angle would be best from a mass 
perspective, the parameter sweep was simplified to look for the shallowest flight-path angle that 
would result in reaching TDI without excessive lofting. However, if the shallowest flight-path 
angle possible on a nominal day is targeted, there is no control authority remaining for day-of-
flight uncertainties. For this reason, a flight-path angle 0.5° steeper than the shallowest possible 
is selected as the nominal entry flight-path angle. 
 Once the nominal entry flight-path angle is selected, another Monte Carlo analysis is 
performed. The parameters varied for this analysis can be seen in Table 3. Once again, the 
highest head load from the Monte Carlo analysis is used to size the TPS. In addition to the TPS 
thickness, another important metric for this uncertainty analysis is whether or not the vehicle can 
reach TDI conditions safely on all cases. Figure 12 shows what percent of the cases for a 
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particular target orbit are able to reach TDI safely. The lower ballistic coefficients β3 and β4 reach 
TDI 100 % of the time. β1 only successfully reaches TDI about 20% of the time. This shows that 
while there are conditions that can lead to a successful flight of that vehicle configuration; it does 
not have enough margin to be a viable option. β3 reaches TDI safely about 85% of the time; 
while this is still not enough to fly this vehicle, it is approaching the boundary of what is feasible. 
Because β1 is not a viable option, aerocapture-entry results will be shown for only β2, β3, and β4. 
 
Figure 12: Aerocapture-entry success percentage versus target orbit for each vehicle 
2.3 HEATING AND TPS SIZING 
 Stagnation-point convective heating relationships are used to determine the aerothermal 
environment during aerocapture and entry. The Fully Implicit Ablation and Thermal analysis 
program (FIAT) is used to determine the required thickness of the forebody thermal protection 
system for aerocapture and EDL. 
 This study focuses on convective heating at the stagnation point and the thermal 
protection system thickness required at the stagnation point. A constant TPS thickness is 
assumed for the spherecap nosecone of all the vehicles. Radiative heating effects are neglected. 
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The heating at the stagnation point is estimated using the Sutton Graves approximation, which 
can be seen in Eq. (1). The coefficient, k, is only a function of the atmosphere and is 1.898 x 10-4 
kg0.5/m for Mars [31]. 
 
(1) 
 Figure 13 shows the stagnation point convective heating for aerocapture and EDL for β3 
entering a 12 hour period parking orbit. For the 12-hour parking orbit, more energy is dissipated 
during aerocapture, resulting in a higher peak heat rate. However, the large effective nose radius 
of this vehicle results in low peak heat rates for both aerocapture and entry. 
 
Figure 13: Stagnation Point Heat Rate versus Time for Aerocapture and EDL 
 FIAT [32] is used to calculate how the aerothermal heating permeates through the TPS 
material in 1-dimension while accounting for how the material responds. It is also used to solve 
for the required thickness to keep the bond-line below a specific temperature [33]. The maximum 
bond line temperature [34] is assumed to be 250°C. In order for FIAT to run properly, the heat 
flux data from ASIM must be reconfigured. FIAT requires the recovery enthalpy, the radiative 
heat flux, the heat transfer coefficient, and the pressure at every time during the pass through the 
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atmosphere. The recovery enthalpy is found using equations from Reinikka and Sartell [35] 
found in Eq. (2) where J is the mechanical equivalent of heat. The heat transfer coefficient [36] 
can be found using Eq. (3). The specific heat, cp, is 0.709 kJ/kgK which corresponds to CO2 at 
free stream temperatures at or below 175 K; g is Mars’ gravity; σ is the Stefan–Boltzmann 
constant; ε is the emissivity of the material [37], 0.9. 
 
 
(2) 
 
(3) 
 The required TPS thickness for aerocapture and EDL can be calculated separately or 
concatenated into one FIAT run with a cool down period in between. If calculated separately, the 
method for combining the two thicknesses is not trivial. Two bounding cases are proposed: either 
(A) all of the unablated TPS from aerocapture is reused perfectly and assumed to be virgin for 
EDL or (B) a separate heat shield is required for EDL and the two thicknesses are summed. A 
potentially more accurate solution is to input the heating from both trajectories into one FIAT 
run, one after the other, with a pre-specified cool-down period between the heat pulses. While 
FIAT keeps track of the charring and pyrolysis that occur within the material, it does not output 
this information. This means that a concatenated FIAT run should capture the non-virgin effects 
of the already used TPS during EDL. 
 If the thickness is calculated in a singular FIAT run, then the cool down time between 
runs is important. The actual cool down time for this system is measured in days; however, that 
is not practical for modeling in FIAT. Several cool down periods were examined to determine 
what cool down period is sufficient for the required TPS thickness to be stable. Figure 14 shows 
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a plot of the required TPS thickness for a system calculated with different cool down periods. 
After a cool down period of 3000 seconds, the TPS thickness does not change, suggesting that 
that is a sufficient cool down period. It is important to note that the required TPS thickness for a 
concatenated FIAT run is always within the bounds of the two bounding cases outlined above. 
This is consistent with the idea that some of the unablated TPS from aerocapture will be char 
layer and will have worse performance than virgin material. This analysis supports the idea that 
the singular FIAT run is a more realistic method for estimating total TPS required for 
aerocapture-entry architectures using ablative TPS.  
 
Figure 14: TPS thickness as a function of cool down time between aerocapture and EDL. The 
cases of ‘No Reuse’ and ‘Perfect Reuse’ of the heat shield are not time dependent and are shown 
to illustrate the believed bounds of the problem. 
 
 The TPS mass is calculated by multiplying the required TPS thickness by the surface area 
of the spherecap and the density of TACOT [36], 266 kg/ m3. This assumes a constant thickness 
for the TPS. A safety factor of 2 is used for margining the TPS thickness. 
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 It is assumed that the mass of the deployable section is not dependent on the parking orbit 
selection. The TPS of the deployable section of the aeroshell is assumed to be carbon cloth. 
Without a bond line temperature requirement for the carbon cloth, or a payload directly behind it, 
it is assumed that the thickness of the carbon cloth is not dependent on the trajectory. In addition, 
the structure of the deployable decelerator is assumed to be constant. Because the mass of the 
deployable decelerator is assumed to be constant, its mass is excluded from calculations of entry 
system mass. While these assumptions have little to no effect on choosing the correct parking 
orbit for a given vehicle configuration, they do complicate direct comparisons across different 
deployable system sizes. 
2.4 ADDITIONAL AEROCAPTURE-ENTRY CASES 
 The nominal case has been discussed in detail; this study also looks at other cases which 
involve changing some parameter or assumption. These other cases include entering at a higher 
velocity, using a reusable insulating TPS, high efficiency propulsion system, and refueling while 
in orbit. 
 One parameter to vary is the initial velocity. Instead of entering Mars with a velocity of 
6.1 km/s like the nominal case, a faster entry of 7.0 km/s is considered to assess the sensitivity of 
the results to initial velocity. 
 Also, due to the size of vehicles required for human class missions, the heat rates are 
relatively low. This study will evaluate the feasibility of using an insulating thermal protection 
system. The same approach is taken to determining the trajectories. The sizing of the TPS is done 
via the combined FIAT method described earlier, but it is done with LI-2200 as the material 
instead of TACOT. LI-2200 has a density of 352 kg/m3 [9].  
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 The nominal case looked at an Isp of 310 s. A variation is to consider a vehicle with a 
higher Isp of 450 s. This corresponds to the specific impulse of the space shuttle main engine 
combusting liquid oxygen and liquid hydrogen. [38] While this is not a propulsion system likely 
to fly at Mars, it represents a likely upper bound of high-thrust chemical propulsion efficiency. 
Finally, because required deorbit propellant dominates the system mass variation across 
parking orbits, a case was considered where the incoming spacecraft would be able to 
rendezvous with an existing propellant depot in Mars orbit to refuel for deorbit and SRP 
maneuvers. This propellant would likely be produced in situ in the Mars system. In this case, 
propellant mass for deorbit is not considered part of the entry system mass, but propellant mass 
to raise periapsis is counted. Because the deorbit propellant need not be minimized, the entry 
flight-path angle that minimizes mass is now no longer the shallowest. Instead, the flight-path 
angle that results in the least heat load, while meeting the TDI, is used to minimize required EDL 
system mass. 
2.5 DIRECT ENTRY 
In addition to looking at aerocapture-entry, this study also looks at a direct-entry case.  For 
direct entry, there is no aerocapture component. In addition, there are no in-space maneuvers. 
Prior to entry, the flight-path angle must be targeted; however, unlike when targeting for post-
aerocapture EDL, this maneuver can be performed far away from the planet, requiring only a 
relatively small delta-V. 
For the direct entry case, a parameter sweep is performed for each vehicle. In this parameter 
sweep, the initial flight-path angle and the switch velocity are varied. For each flight-path angle, 
switch velocity pair, a three-degree-of-freedom simulation is propagated. Each trajectory is 
analyzed to determine: whether it meets the TDI condition; does not leave the atmosphere (skip 
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out) or loft above 50 km after descending below 50 km; and does not exceed the deceleration 
limits. FIAT is used to estimate the required thermal protection system thickness for each case. A 
weighted average of the flight-path angles that resulted in successful EDL was used to select the 
initial flight-path angle. An uncertainty analysis is performed to evaluate whether the direct entry 
cases can withstand expected day-of-flight uncertainties. Monte Carlo methods are used with the 
same parameters for aerocapture which can be seen in Table 3. This Monte Carlo analysis also 
evaluates the variations in TPS thickness; the thickest required TPS for direct entry is compared 
to the aerocapture-entry cases.  
27 
 
CHAPTER 3: RESULTS 
3.1 AEROCAPTURE PERFORMANCE 
The first step of the process was to determine the trajectory the vehicle would fly during 
aerocapture. Because the Mars approach velocity is fixed at 6.1 km/s, the trajectories are largely 
a function of the initial flight-path angle. The targeted initial flight-path angle as a function of 
targeted parking orbit can be seen in Figure 15 for each vehicle, as determined by the 
methodology outlined in the 2.2  section of Methodology. Figure 15 shows that capture into a 
shorter period orbit requires targeting a steeper initial flight-path angle. This is because more 
energy must be dissipated for the vehicle to decelerate to the velocity required for a shorter 
period orbit; at constant L/D, to dissipate more energy requires descending lower into the 
atmosphere via a steeper initial trajectory. In addition, the vehicles with higher ballistic 
coefficients require steeper initial flight-path angles. This is for a similar reason—the higher 
ballistic coefficients generate less drag so, to dissipate the same amount of kinetic energy, they 
must fly deeper into the atmosphere. While steeper trajectories are associated with higher peak 
deceleration, none of the trajectories examined for aerocapture violate HSIR. Steeper trajectories 
also typically have higher peak heat rates and lower integrated heat loads. 
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Figure 15: Nominal Aerocapture Initial Flight-path Angle versus Parking Orbit Period 
 Figure 16 and Figure 17 show the aerocapture stagnation point peak heat rates and 
integrated heat loads, respectively, that was used to size the TPS. The heat pulse used to size TPS 
was the largest heat load from the Monte Carlo analysis from each parking orbit and associated 
initial flight-path angle. As expected, when shorter-period orbits are targeted, the integrated heat 
load increases. More energy must be dissipated during aerocapture to decelerate into a shorter 
period orbit. However, this effect is not drastic; vehicles targeting the shortest period orbit 
receive between 5% and 7% more integrated heat load than the vehicles targeting the longest 
period orbit. 
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Figure 16: Max Peak Heat Rate during Aerocapture versus Parking Orbit Period 
 
Figure 17: Max Aerocapture Heat Load versus Parking Orbit Period 
3.2 EDL PERFORMANCE 
 In order to compare the different parking orbits fairly, EDL must be performed in an 
effective way for each of them. As discussed in the methodology section, the most mass-efficient 
way to do EDL was generally to enter on the shallowest flight-path angle possible. In Figure 18, 
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the entry flight-path angles for each vehicle and parking orbit for EDL are shown. Similar to 
aerocapture, the highest ballistic coefficient vehicles must enter at a steeper flight-path angle.  
 Figure 19 shows altitude versus velocity during EDL for each of the vehicles from each 
of the target orbits. Each of the trajectories for a vehicle begins at a different velocity because 
they are entering from different orbits. Shorter-period parking orbits enter with a lower velocity. 
Also, the difference between initial velocities is much greater for the two shortest period orbits 
(4- and 5-hr periods) than it is for the two longest period orbits (44- and 48-hr periods); this trend 
continues and there is very little difference in velocity and required flight-path angle from a 48-
hr period orbit and a 1000-hr period parking orbit. None of the trajectories that reach TDI violate 
HSIR deceleration limits. 
 
 
Figure 18: Nominal EDL Initial Flight-path Angle versus Parking Orbit Period 
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Figure 19: Nominal EDL Trajectories, Altitude versus Velocity 
The trajectories flown have an impact on the aerothermal environment experienced by the 
vehicle. Figure 20 shows the integrated heat load during EDL as a function of parking orbit for 
each of the vehicles; the heat load shown is the largest heat load for the Monte Carlo analysis 
done for EDL. The data is very noisy. This is because when determining the best trajectory to fly 
during EDL, the minimum entry system mass was targeted; entry system mass is the sum of the 
propellant for in-space maneuvers and the TPS mass. Because the propellant mass varies greatly 
with initial flight-path angle and TPS mass is less dependent, the simulation found trajectories 
that resulted in the shallowest initial flight-path angles, not necessarily the trajectories that 
minimized heat load. There is still a trend that as parking orbit period increases, heat load 
increases. This is due to the fact that a vehicle coming from a higher orbit has more energy to 
dissipate to reach TDI. 
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The relationship between peak heat rate during EDL and parking orbit period can be seen 
in Figure 21; the peak rate shown is the peak heat rate during the trajectory that results in the 
largest heat load from the Monte Carlo analysis. Comparing the vehicles, β3 has a significantly 
higher peak heat rate. This is due to it flying a steeper trajectory than the other vehicles. 
Targeting steeper initial flight-path angles results in higher peak heating because the vehicle is 
decelerating lower in the atmosphere where the density is higher. For the same reason, β3 has 
higher heating than β4.   
 
Figure 20: EDL Heat Load versus Parking Orbit Period 
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Figure 21: Peak Heat Rate during EDL versus Parking Orbit Period 
3.3 INTEGRATED SYSTEM PERFORMANCE 
  So far the results have either been focused on aerocapture or on EDL; but we’re 
interested in the combined performance of the system for aerocapture and EDL. Figure 22 shows 
the integrated heat load on β3; it is broken up into the heat load from aerocapture, the heat load 
for EDL, and the total heat load on the vehicle. While the curve for EDL is noisy for reasons 
previously explained, it should be noted that as parking orbit period decreases, EDL heat load 
decreases and aerocapture heat load increases. However, the combined heat load, the sum of the 
aerocapture and EDL heat loads, is relatively constant. Figure 23 shows the total heat loads for 
all three vehicles, and they follow a similar trend. This implies that the heat shield thickness 
should not vary much from one orbit to another, but this implication is evaluated further.   
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Figure 22: Heat Load versus Parking Orbit Period for β3 
 
 
Figure 23: Total Heat Load versus Parking Orbit Period for all Vehicles 
 
 The heat loads in Figure 22 and Figure 23 imply that if the performance parameters that 
determine TPS thickness are similar for a dual-use TPS as they are for single-use TPS (i.e. 
thickness is based largely on heat load), then the TPS thickness should be relatively constant as a 
function of parking orbit. However, it is possible that higher initial heating would lead to a 
significantly worse performance during EDL, so it is not obvious that required TPS thickness is 
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relatively constant. Figure 24 shows the TPS thickness as a function of parking orbit for β3; it is 
shown in all three ways it could be calculated. The “No Reuse” case is simply the sum of the 
thickness required for aerocapture and the thickness required for EDL computed independently 
assuming virgin material for each trajectory; if the TPS used during aerocapture was discarded 
and a second TPS was used for EDL, this would be the required thickness. However, if the TPS 
that does not ablate during aerocapture has the same performance during EDL, then there would 
be “Perfect Reuse.” Finally, the “Combined FIAT” case takes into account the decreased 
performance from the TPS during its second use. Figure 25 shows the Combined FIAT cases for 
all three vehicles. 
It should be noted that the required TPS thickness for an aerocapture-entry system does 
not appear to be a strong function of parking orbit period. This is an important result; based on 
this, a mission designer could select the parking orbit period based on other criteria without 
concern for its impact on TPS mass. In addition, from Figure 24, we can see that the TPS 
performance during EDL is more similar to “perfect reuse” case than to the  
“no reuse” case, indicating that the “no reuse” case is overly conservative for dual-use 
heatshields.  
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Figure 24 : TPS Thickness versus Parking Orbit Period for β3. In this figure all 3 methods of 
combining the two heat pulses are shown. 
 
Figure 25 : TPS Thickness versus Parking Orbit Period 
 TPS Thickness is only one component of the entry system mass. The other component is 
the propellant needed to raise periapsis following aerocapture and lower periapsis to initiate 
EDL, which can be seen for each of the vehicles in Figure 26. The delta-V required to raise 
periapsis is dependent upon the aerocapture exit velocity, the exit flight-path angle, and to what 
altitude the periapsis must be raised. The exit velocity is a function of the target orbit; exit flight-
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path angle is dependent upon the aerocapture trajectory; and the required periapsis altitude is set 
at a constant 400 km. The required delta-V for the deorbit burn is a function of the parking orbit 
and the targeted entry flight-path angle. It can be seen that for the shorter period parking orbits, 
the delta-V is much greater. This is because the periapsis raise and deorbit maneuvers must be 
performed at an apoapsis much closer to the planet.  
 
Figure 26: Delta-V versus Target Orbit. Includes the periapsis raise maneuver and the deorbit 
burn 
Figure 27 shows the entry system mass fraction for each vehicle and parking orbit. Because 
TPS Thickness is relatively constant with parking orbit period and propellant mass fraction 
increases with shorter period parking orbit, it is not surprising that shorter period parking orbits 
have a higher entry system mass fraction.   
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Figure 27: Entry System Mass Fraction versus Parking Orbit Period 
3.4 ADDITIONAL AEROCAPTURE-ENTRY CASES 
3.4.1 Higher Entry Velocity 
  The case of a faster initial velocity was also examined. With the faster velocity, the 
vehicles still aerocapture into the same parking orbits. EDL from the parking orbit to TDI is 
nearly identical for the nominal case and the faster initial entry velocity; aerocapture is where the 
differences lie. Figure 28 shows the initial flight-path angles for each vehicle for the nominal 
case and for the faster entry case. In order to leave on a similar orbit, the faster vehicle must 
target a steeper initial flight-path angle. Therefore, it should not be surprising that it leads to a 
higher peak heat rate, which can be seen in Figure 29. In addition, because there is more kinetic 
energy to dissipate, it is not surprising that the heat load experienced by the vehicle is higher 
with a higher entry velocity, as can be seen in Figure 30.  Figure 31 shows the total heat load 
broken down into aerocapture heat load and EDL heat load for β3 for the two velocities. As 
expected, the EDL heat loads are very similar. 
  Because the total heat loads are much greater for the faster entry velocity, one would 
expect the required TPS thickness to follow the same trend. Figure 32 shows the TPS thickness 
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required for each of the vehicles for both velocities and the required TPS thicknesses are similar. 
This is not what would occur if the TPS had virgin-like performance during its second use during 
EDL. In fact, from this analysis, it appears that variations in EDL heat load are more important 
than variations in aerocapture heat load. There is noise in the EDL heat load data for β3 seen in 
Figure 31 which results in the EDL heat load being larger for the slower entry case; this noise 
corresponds perfectly to a blip in the TPS thickness data where for β3, the slower entry case 
requires a thicker TPS.  
 
 
Figure 28: Initial flight-path angle for aerocapture for each vehicle for the nominal 6.1 km/s 
entry velocity and for the 7 km/s entry velocity 
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Figure 29: Peak heat rate for aerocapture for each vehicle for the nominal 6.1 km/s entry 
velocity and for the 7 km/s entry velocity 
 
Figure 30: Heat load for aerocapture for each vehicle for the nominal 6.1 km/s entry velocity 
and for the 7 km/s entry velocity 
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Figure 31: Heat load for aerocapture, EDL and total heat load for β3 for nominal 6.1 km/s entry 
velocity and for the 7 km/s entry velocity 
 
 
Figure 32: TPS Thickness for each vehicle for the nominal 6.1 km/s entry velocity and for the 7 
km/s entry velocity 
 
3.4.2 Reusable TPS 
  The heat rates for both aerocapture and EDL are relatively low due to the large nose 
radius of the vehicle. Because the heat rates are low, a reusable insulating TPS such as LI-2200 
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is likely sufficient to meet the thermal protection system requirements. Figure 33 shows the 
required TPS thickness for LI-2200 and for TACOT. The curves for TPS thickness for LI-2200 
are almost completely flat. In addition, the TPS thickness required for LI-2200 is less than for 
TACOT. However, TACOT and LI-2200 have different densities; comparing their masses is a 
better comparison. Figure 34 shows the TPS mass fraction for each of the vehicles for LI-2200 
and for TACOT, highlighting that LI-2200 results in less TPS mass than TACOT.  
 
Figure 33: TPS Thickness versus Parking Orbit Period for all three vehicles. TACOT thickness 
is denoted with a solid line. LI-2200 thickness is denoted with a dashed line. 
TACOT 
LI 2200 
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Figure 34: TPS Mass Fraction versus Parking Orbit Period for all three vehicles. TACOT mass 
fraction is denoted with a solid line. LI-2200 mass fraction is denoted with a dashed line. 
 
3.4.3 Higher Efficiency Propulsion. 
  Because the required propellant mass is significantly larger than the required TPS mass, a 
case with a higher-efficiency propulsion system is considered. Using a propulsion system with an 
ISP of 450 s does not change the underlying result, which is that changes in propellant mass are 
far greater than changes in TPS mass. For this reason, the EDL trajectories that minimize mass 
still target the shallowest-possible flight-path angle. The only significant difference between the 
results from this case and the results from the nominal case are that the system uses less 
propellant, resulting in a lower entry system mass fraction. Figure 35 shows the entry system 
mass fraction as a function of parking orbit period for each of the three vehicles. As expected, 
when the same delta-V is required, but the efficiency of the propulsion system is higher, less 
propellant mass is required, resulting in a lower system mass fraction. 
 
TACOT 
LI 2200 
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Figure 35: Entry System Mass Fraction versus Parking Orbit Period  
3.5 DIRECT ENTRY 
A parametric study is performed for the direct entry case. Figure 36 - Figure 39 show which 
initial flight-path angles and control profiles result in successful entries for each vehicle, 
respectively. For the parametric study each combination of initial flight-path angle (γ0 ϵ [-9°, -
30°]) and switch velocity (Vs ϵ [2 km/s, 6 km/s]) were considered. Only the cases which reached 
TDI without leaving the atmosphere, impacting the planet, or lofting above 50 km are shown. Of 
those cases, those that reach TDI without violating the HSIR deceleration limits are shown in 
green; those that do violate the limits are shown in red. The majority of the trajectories that reach 
TDI successfully do so by violating the HSIR deceleration limit, with those that are within 
bounds being the shallower trajectories. It is possible that a more sophisticated bank-angle 
steering profile would increase the number of cases that satisfy HSIR, but such analyses are 
beyond the scope of this work. 
In addition, for Vehicle 4, the vehicle with the lowest ballistic coefficient, there are many 
trajectories that can be flown to successfully reach TDI. For a given flight-path angle, there is an 
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acceptable switch velocity range which can exceed 1 km/s, alluding to the fact that β3 likely has 
sufficient margin for direct entry. In contrast, β1, the highest ballistic coefficient vehicle, has 
fewer acceptable trajectories, and a much smaller switch velocity range for a given flight-path 
angle. This may not be enough margin to have confidence in β1. As ballistic coefficient 
increases, direct entry becomes more difficult. However, note that the aerocapture-entry 
architecture is infeasible due for β1, while direct entry may be possible. 
 
Figure 36: Direct Entry Success for β1 
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Figure 37: Direct Entry Success for β2 
 
Figure 38: Direct Entry Success for β3 
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Figure 39: Direct Entry Success for β4 
 
As Figure 36 - Figure 39 show, targeting shallower trajectories decreases the peak 
deceleration seen by the vehicle. However, if the vehicle enters the atmosphere on a shallower 
trajectory, it will spend more time decelerating and heating; this leads to a higher heat load, 
which corresponds to a thicker TPS. This effect can be demonstrated in Figure 40: TPS 
Thickness as a function of initial flight-path angle and switch velocity for β1Figure 40 
throughFigure 43 which show the TPS thickness for each trajectory that reaches TDI for each 
vehicle, respectively. Targeting shallower flight-path angles for direct entry leads to significantly 
larger required TPS thickness. Figure 44 also highlights this trend. It shows the tradeoff between 
peak deceleration and TPS thickness for all of the trajectories that reach TDI for β3. It is clear 
that in order to decrease peak deceleration, there is an increase in required TPS thickness.  
 In addition, for a given flight-path angle, the vehicles that ‘switch’ from being lift-down to 
lift-up earlier in the trajectory (i.e. at a higher velocity) require more TPS. This is because those 
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trajectories include more lofting, which again increases the amount of time decelerating and the 
heat load.  
 
 
Figure 40: TPS Thickness as a function of initial flight-path angle and switch velocity for β1 
 
 
 
 
Figure 41: TPS Thickness as a function of initial flight-path angle and switch velocity for β2 
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Figure 42: TPS Thickness as a function of initial flight-path angle and switch velocity for β3 
 
Figure 43: TPS Thickness as a function of initial flight-path angle and switch velocity for β4 
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Figure 44: Peak Deceleration versus TPS Thickness for the various trajectories which reach TDI 
for β4 
From the previous results, the nominal initial flight-path angle was determined to be -12.0°, -
11.5°, -11.2°, and -10.75° for vehicles 1-4, respectively.  Uncertainty analysis was performed for 
the targeted trajectories using Monte Carlo methods. For each Monte Carlo sample, a control 
algorithm attempted to find a trajectory that reached TDI without violating the HSIR 
requirements by varying the switch velocity. Each simulation was terminated when the TDI 
velocity of 670 m/s was reached. Figure 45 shows the terminal altitude of the simulation. All of 
the cases terminate at or above 10 km MOLA. This is in contrast to the aerocapture-entry cases 
which do not always work for β1. Figure 46 shows the peak deceleration and TPS thickness for 
each of the vehicles during the Monte Carlo analysis. In addition, none of these cases violate the 
deceleration limits imposed by the Human Systems Integration Requirements. Though the peak 
deceleration for in some cases exceed 10 Earth G’s, that is acceptable for a very short duration 
according to HSIR. Figure 47 shows the maximum TPS thickness for the direct entry Monte 
Carlo along with the maximum TPS thickness required for each parking orbit for the 
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aerocapture-entry trajectories. For the low ballistic coefficient vehicle, the thickness is similar for 
aerocapture entry and direct entry; reusing part of the TPS by doing aerocapture-entry does not 
lead to less TPS mass. For the higher ballistic coefficient vehicles, aerocapture entry requires 
more TPS than direct entry: about 27% more for β2 and 13% more for β3. 
Figure 48 shows the altitude versus velocity for each of the vehicles during direct entry. The 
lower the ballistic coefficient, the higher in the atmosphere deceleration begins. There is some 
lofting for each of the cases, but much more lofting for β1. For β2, β3, and β4, this is an artifact of 
the way in which control is being simulated. However, for β1, large amounts of lofting are the 
only trajectories that can reach the TDI altitude. Further, to reach the required TDI conditions, β1 
flies a trajectory with a minimum altitude near 0 km; this is incompatible for many landing sites 
on Mars, but may be acceptable for landing in the northern lowlands. 
 
Figure 45: TDI Altitude Distribution 
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Figure 46: Peak Deceleration versus TPS Thickness 
 
Figure 47: Max TPS Thickness for Aerocapture-Entry and Direct-Entry. Direct-Entry results are 
shown as constant. 
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Figure 48: Direct Entry Trajectories 
 
54 
 
CHAPTER 4: CONCLUSION 
 This thesis presents analysis of aerocapture-entry trajectories for human Mars missions. 
The study examines four possible vehicle configurations and parking orbit periods ranging from 
4 to 48 hours. The highest ballistic coefficient vehicle (β = 424 kg/m2) was found to be infeasible 
for aerocapture-entry, as it was not capable of achieving the assumed TDI conditions during 
EDL from orbit—this implies that deployable drag areas or high-lift vehicle configurations may 
be required for aerocapture-entry architectures. Over the parking orbits examined, the required 
TPS thickness does not vary significantly. However, there is significant variation in propellant 
mass to raise and lower periapsis depending on parking orbit period. Longer-peroid parking 
orbits require significantly less delta-V than smaller orbits. Further, required propellant mass is 
significantly larger than forebody TPS mass. For these reasons, targeting longer-period parking 
orbits lowers total entry system mass. There is a limit to how large a parking orbit can be; 
eventually increasing the post aerocapture velocity creates a parabolic or hyperbolic orbit.  
 This thesis also compares the aerocapture-entry trajectories to trajectories for direct entry. 
It is found that even with TPS reusability, the TPS required for aerocapture-entry is larger than 
for a direct entry. A major concern of direct entry at Mars is the potential of violating the 
deceleration limits imposed on the astronauts. Feasible trajectories were found for direct entry at 
Mars without violating the deceleration limits in the NASA HSIR. In addition, the higher entry 
velocity for EDL enables the use of higher-ballistic coefficient vehicles than can be used with 
aerocapture-entry, implying that direct entry architectures may be able to land more mass on the 
surface relative to aerocapture-entry architectures.  
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 APPENDIX A: FIAT ‘main’ INPUT 
Mars Aerocapture Entry  
 2  530.  0.  530.  0  0  0   0. 
 1  0 
 0.5 
1   -1 .001 6 
1 1 941.67     
  1.  
   0.  0   0 
 1 TACOTv3_(air)    540.   0.5   0.0 
 2 RTV-560          540.   0.010 0.0 
 -3 1   540.   0.01 0.0 
 
[end of input] 
 
  
 
 
